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An experimental investigateion was conducted to determine the perform-
ance characteristics of sm underslung nose-scoop air-induction system for
a supersonic airplane. Five different nose shapes, three lip shapes, and
two internal diffusers were investigated. Tests were made at Mach numbers
&o-m O to 1.9, angles of attack from O0 to approximately 15°, and mass-flow
ratios from O to maximum obtatiable.

It was found that the underslung nose-scoop inlet was able to operate
at Mach numbers from 0.6 to 1.9 over a large positive angle-of-attack range
without adverse effects on the pressure recovery. Although there was no
one inlet configuration that was markedly superior mer the entire range
of operating variables, the arrangement having a nose designed to give
increased supersonic compression at low angles of attack, and a sharp lip
(configuration designated N@~) showed the most favorable performance
characteristics over the supersonic Mach number range. Inlets with sizable
lip radii gave satisfactory performance up to a Mach number of 1.5; how-
ever, as a result of an increase in drag, the performance of such inlets
was markedly inferior to the sharp-lip configuration above Mach numbers
of 1.5.

Throughout the range of test lkchnumbers all inlet configurations
evidenced stable air-flow characteristics over the mass-flow range for
normal engine operation.

Analysis of the inlet performance on the basis of a propulsive thrust
parameter showed that a fixed inlet area could be used for Mach numbers
up to 1.5 with only a small sacrifice in performance.
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In selecting an air-induction system for a high-speed interceptor
airplane having the engine located within the fuselage, the designer
generally has the choice of side-scoop or nos_eair inlet systems. For
the particular design problem where the rada& scanning equipment is a
necessary component of-the airplane, the placement of the inlet in the
compression field of the radome nose can be advantageous. Seveml under-
slung lnl.etstudies have shown t~t no serigus adverse effects on pressure
recovery occur at off-design positive angles of attack and that the prob-
lems associated with boundary-layer air are of secondary importance (see
refs. 1 and 2).

When-selecting a nose shape for an underslung scoop inlet, considera-
tion must be given to the drag of the nose and inlet combination as WW _ ..
as the pressure recovery. Changing the length or roundness of the nose
contours alters the flow field in the vicinity of the inlet, thereby
affecting the pressure recovery of the inlet and the drag of the body in
the region of the @et. On such installati..onsthe.drag incrementdue

*

to changing the nose contour may be considered to have two components;
the drag increment of the nose itself, and the drag increment due to the
altered flow field in the lip region of the_@et. .Toev@.uate the effect.

% -.

of nose shape on the performance of an underslung inlet installation, five
nose shapes of different nose contours and fineness ratios were investi-
gated for one lip location. Alsoj three lip shapes to compare the differ-
ences between rounded- and sharp-lip profiles were tested. Measurement
were made of mass-flow ratio, pressure recovery, drag, and air-flow stabil-
ity over a wide range of operating variables. The performance of the most
favorable nose and lip combinations are compr~ analyticsJJy by means of
a propulsive thrust parameter. The investigationwas conducted in the
Ames 6-by 6-foot supersonic wind tunnel at Mach numbers of O to 1.9.

NOTATION

A area, Sq f%

CD net drag coefficimt, ~
qs

D net drag, lb

L lip (used for lip designation) ‘-

L.E.R. lip leading-edge radius

M Mach number

.—

—

--
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4 mc
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Pt
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TN
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Wa
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P
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mass flow through inlet, slugs/see

ratio of the mass flow through the inlet to
free-stream conditions passing through an

Pc+cva
inlet entrance area, —

POAivo

nose (used for nose designation)

normal shock

total pressure, lb/sq ft

total pressure ratio at compressor station

dyuamic pressure, lb/sq ft

the mass flow at
area eqyal to the

Reynolds number (based on assumed MAC 0.94 ft)

assumed wing area, 377 sq ft

net thrust with isentropic pressure recovery, lb

net thrust with measured pressure recovery, lb

velocity, ft/sec

air-flow parameter, lb/sec/sq ft

weight of air, lb/see

angle of attack of fuselage reference axis, deg

ahgle of sideslip, deg

engine station total.pressure ditided by NACA sea-level static
pressure

‘I&D
propulsive thrust parameter, —

‘1’isen

engine station absolute total temperature divided by NACA
ambient sea-level temperature

mass density of air, slugs/cu f%

mmmixi
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Subscripts

compressor station

inlet entrance station (lip leading edge)

free-stream conditions
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A

APPARATUS AND PROCEDURE

The partial model of a high-speed fighter airplane with an underslung
nose inlet was sting-mounted in the Ames 6- by 6-foot supersonic wind
tunnel.. (See ref. 3 for information regarding’the wind tunnel.) A drawing
of the model is shown in figure 1. Five different nose shapes (resulting
from two basic nose lengths), three lip shapes ranging fro.ma sharp lip
to a blunt lip, and two basic internal diffusers were investigated,onthe
,model..Each modificatim of the model has been given a number and these .

numbers will be referred to in the remainder of this report. For the long
rado.menose lengths three nose contours were investigated; a sharp nose,
Nl, a ro~ded nose N2, and a rounded nose with the slope of the lower “

surface increased to effectively generate greater campressionj Ns. TWO
nose contours were tested with a short radome nose length; a sharp nose>
N4, and a rounded nose, lY5, Of the three lip profiles investigated the
bluntest lip is designated Ll, the ir+termediatelip L2, and the S*P
lip Ls. The change made to the diffuser cross section, which relieved
the internal contraction near the inlet entrance, was tested fi conjunc-
tion with the sharp lip, Lg, only and is referred to in the tefi as Lts.
The basic configurationwas considered to be the long rounded nose and
intermediate lip N=L2. A comparison of various nose and lip combinations
can be seen in the photographs of figure 2. Details of the nose shapes
and lip profiles are given in figures 3 and 4 and tables 1 and 2. The
area distributions of the internal.diffusers are presented in f%ure 5>
and figure 6 presents the model cross-sectionalarea.

TWO s~ey rakes, one at the simulated compressor inlet, and the
other near the model exit (see fig. 1) were used to measure the internal
air-flow characteristics. The measurements from the survey rake at the
compressor inlet were used to determine the total-pressure recovery and
mass flow through the model. Wior to the wind-tunnel tests, a bench
test calibration was made to establish a factor correlating the mass flow
through the model as measured from the compressor inlet survey rakes with
the mass flow through a standard ASME orifice meter. The calibration
factor from these bench tests, and the integrated total and static pres-
sures.a% the compressor inlet were used in obtaining the mass flow through A
the u&el for this investigation. The area-weighted total-pressure meas-
urements from the survey rake near the model.exit were used in calculating 4

coivmmrim



the total momentum ok’the tnternal flow. The internal.flow force is
defined as the change in total.momentum of the entering streamtube from
the free streamto the exit of the model, and is thus consistent with the
usual definition of jet-engine thrust. The internal flow force behind
the exit rake was assumed negligible since no pressure forces existed
over this portion of the duct (constant area section) and the skin-friction
forces were assumed mall..

A standard Wiancko pressure cell, used to measure the air-flow insta-
bility, was installed upstream of the cmnpressor inlet (see fig. 1). The
equipment necessary to operate the pressure cell consisted of a carrier
oscillator driving an a-c bridge at 3000 cps. The alternating current
resulting from an unbalance of the bridge was demodulated by a full wave
crystal diode rectifier, and used to drive a Consolidated oscillograph
with a 1000 cps galvanometerselement. A grid of constant pressure lines
spaced at even tenths of the tunnel stagnation pressure were superimposed
on the oscillograph record so that Wues of the nuxdmzm total amplitude
of the pressure pulsations occurring in the duct could be readily deter-
mined.

* ,!

A four-component strain-gage balance mounted inside the mdel was
used to measure the aerodynamic forces. The net drag, reduced to standard

. NACA form, was deterndnedby subtracting the titernal-fluw force and base
forces from the bslance measured values.

The e~erimental data were obtained for Mach numbers of O 0.6, 0.9,
1.3, l.~, 1.7, andl.9 and, except for the static tests (M = O\, at a
Reynolds number of 2.83 million. For the ma$or portion of the tests data
were obtained at the following angles of attack:

a M

7.60 0.6 and 0.9
4.1° 1.3
3.00 1.5
0.85° l.~and1.9

A complete angle-of-attack investigation ranging tiom 0° to 1P was made
for the basic configuration, N*, and for two other configurations,N3LtS,
and N9L2, throughout the Mach number range tested. Data were also
obtained for the basic configuration between sideslip angles of &5° at

-0.30. At each Mach number the mass-flow ratio was varied from near
~~o maximum obtainable bymeans of a movable plug at the model base.

The data were corrected for-the following effects:

1. Ihduced effects of
from lift on the

the tunnel walls at subsonic speeds resulting
model.

CONTIDENTW
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The longitudinal force on the model ~ue to streamwise variatiori
of the static pressure as ,measuredin the empty test section.

P.

The differe~ce between the measured b-asepressure and the free- . —.-—.
stream static pressure.

The angular deflection of
load.

The change in airspeed in

the

the

sting and b-cc und&r aerodynamic

—

vicinity of the model at subsonic
speeds resulting from the constriction of the flow by the
tunnd. walls.

The following table lists the estimated uncertainty introduced into
each corrected nondimensional coefficient by the known uncertainties in
the measurements:

Quantity Uncertainty

CD *000005 ‘-

Ptc/Pt@ *O.005

me/% koool

% &O.03

R M. 03xlo6

.

a io.150

RESULTS
..

The pressure recovery for simulated take-off (M& = O) as a function
of the air-flow parameter is presented in figure 7 for the three lip
shapes under investigation. The pressure recoveries and drag coefficients
as functions of mass-flow ratio for the differtit Lip &d n~se shapes are
included in figures 8 to 11. The.effects of nose shape may be seen more
clearly in figure 12 where the recovery and drag characteristics are sho~
as functions of Mach number at mass-flow ratiosnear typical inlet-engine
matched conditions. The effects of angle of attack on pressure recovery
and drag for configurationsN2L2, l?~!~, and N~& are shown in figures 13,
14, 15; respectively. ti figure 16 the effect of sideslip on pressure
recovery is presented for the basic configuratim-_, N=L2. Typical.pressure-

8

time records of the pressure cell.mounted in the duct are illustrated in
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figure 17. The uss-flow ratios where buzz
in figures 8 through 16 by shaded symbols.

3 contour lines of constsmt pressure recovery

7

occurred have been indicated
Typical.profile maps showing
around the compressor station

for configurationsN~L= and N& are presented in figure 18. The condi-
tions that were selected correspond to mass-flow ratios near typical inlet-
engine air-flow requirements at a Mach number of 1.5.

DISCUSSION

Pressure Recovery and Drag Characteristics

Effect of lip shape and diffuser shape.- Tor supersonic aircraft
Opers,tfig over a wide range of Mach numbers, the relative sharpness of
the lip profile is of considerable imporkce. The lip shapes, similar
to those of reference 4, were tested primarily to compare the differences
in performance between the rounded and sharp lip shape for both subsonic
and supersonic operation. For the take-off condition (~ = 0, fig. 7) it

. cau be seen that the blunt lips gave somewhat better perfomaance. At
supersonic speeds the results of this test show that the sharp lip (L3)
and the round lip (I&) gave essentially the same pressure recoveries
(see figs. 8(d), (e), and (f)). A comparison between the rounded lips
(L= -d k, fig. 9) showed that L= had slightly higher pressure recovery
at ~ = 1.5, but lower pressure recovery at & . 0.9 due to a reduction
of ,maximummass-flow ratio. The lower values of maximum mass-flow ratio
noted for L1 may be attributed to the lip profile which resulted in a
larger inlet srea and a slightly smaller minimum throat area. The dif-
ferences in drags between the three lip shapes were not large up to Mach
numbers of 1.5 (see figs. 8(d) and 9). For Mwhnumbers ofl.7andl.9
the rounded lips seriously increased the drag of the model (figs. 8(e)
and (f)). This increase in drag at the high supersonic Mach numbers may
be attributed fundamentally to the inaease in cowl wave drag of the blunt-
lip configuration.

Examination of the duct cross-sectional.area for lip 3 (f%%. 5)
revealed that the minimum internal cross-sectional area was well behind
the lip entrance. Relieving the internal contraction (resulting in con-
figuration L’3) was expected to result in improvements in pressure recovery
and mass-flow ratio. However, the data show tht ~creased Perfo~nce
was not realized at all Mach numbers investigated. Measurable increases
in the mafimum mass-flow ratios occurred for Mach numbers from 0.9 to 1.9;
however, a loss in pressure recovery occurred at reduced mass-flow ratios
for Mach numbers ofl.7andl.9 (see fig. 8). As expected, this internal
area alteration had negligible effects on the drag coefficient at the Mach
numbers tested.

Effect of nose shape.- Although the nose shapes tested did not involve
a systematic variation of isolated geometric variables, they did afford

coNTTmNTIAL
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deviations in nose lengths (or fineness ratio) compression surface angle,
and nose roundness. Comparison of the five nose shapes at typical in2.et-
engine matched mass-flow ratios (fig. 12) shows that the configurations
with the shortest pointed nose (N4) gave the highest pressure recovery at
supersonic speeds. The nose shape showing the lowest drag over the super-
sonic speed range was seen to be the long rounded nose, N=. At the sub-
sonic Mach number, I& = 0.9, the nose shapes had only small effects on
pressure recovery and drag near ,maximnn,mass-i’lowratios (figs. 10(a) and
il.(a)).

The effect of nose rounding on the performance characteristics can
be illustrated by camparing, near maximum mass-flow ratios, the two long
nose shapes, N1 (pointed) and N2 (rounded),and the two short nose shapes,
N4 (pointed) andN5 (rounded). The data showed (fig. 12(a)) that the
rounded nose configurations resu2.tedin lower drag coefficients at super-
sonic speeds than the corresponding pointed nose configurations. As would
be expected the short nose shapes had larger drag than the longer nose
shapes. However, blunting the long nose shapes slightly increased the
recovery; whereas blunting the short nose shapes appreciably decreased
the pressure recovery.

.

Examination of the data in figure 12 shows that, generally, the
pressure-recoverylosses became greater and the drag decreased as the

.

slope of the nose surfaces decreased (compare nose shapes 4, 3, and 2,
respectively). The decrease in pressure reco?-erycanbe attributed to
increased pressure losses through the oblique and normal-shock-wave com-
binations associated with each nose shape, while the decrease in drag is
the result of the decrease in the effective angle of the nose surfaces.

Though these two-shock inlet configurations, generally, had better
than normal shock recovery, it is felt that further improvements are
possible at the high supersonic Mach nuWers with this type of inlet. For
e=mple, observation of schlteren pictures showed that the oblique shock
was well ahead of the cowl lip at M& = 1.9. However, in reference 5, the
best combination of pressure recovery and drag occurred when the oblique
shock fell.just upstream of the cowl lip (~ = 2.0). It would be e~ected,
therefore, that a forward movement of the cowl lip might improve the &rag
characteristics of the inlet configurations. Also, in.moving the cowl lip
forward the normal shock would be shifted upstream on the nose surfaces to
a position ahead of the expamion region on the nose and, therefore, to a
region of lower local.Mach number.

During this investigation it was seen that the forenose boundary-layer
air was entering the Met. The results of references 1 and 6 have shown
thatboundary-layer air could be efficiently diverted around a circular
inlet. It is believed, then, that a circular inlet with a boundary-layer
diverter (see ref. 1) would improve the performance characteristics for
this air-induction system over the entire Mach number range of this test.

coNFrDmIAIl
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.

Effect of angle of attack.- Three configurations were investigated
(IV2L2,N~L$~ and N~L2) to illustrate the effect of amgle of attack on
pressure recovery and drag coefficient. It is shown in figures 13, 14,
and 15 that large increases in angle of attack indicated no unfavorable
effects on the pressure recovery over the normal engine operating mass-
flow ratios. At Mach numbers from 0.6 to 1.3, the pressure-recovery
results shown for configurationsIiaLaand N&~3 were essentially inde-
pendent of angle of attackup to approximatelyl~. The increase in
supersonic compression as a result of increasing the angle of attack of
the basic configuration N~2 to 7° led to considerable increases in pres-
sure recovery at Mach numbers above 1.3. Consequently, the surface of
nose 2 was redesi~ed to take effective adwantage of the supersonic com-
pression at lowangl.es of attack (see fig. 4, nose 3). The data for
configurations N&s3 and N42 (figs. 14 and 17) showed that the pressure
recovery was nearly independent of angle of attack up to ~ = 1.5, and
that the favorable pressure recovery attained for configuration Nab at
a = 7° was obtained at the lower angles of attack of 0° and 3.0°. At
Wch numbers above 1.5 the pressure recovery was no longer independent
of angle of attack, though the values of pressure recovery obtained for

—

configurations N&tS and N3~ at each angle of attack were higher than
that obtained for configurationN&.

The change in drag coefficient with increasing angle of attack up
to approximately 4° was not large; however, further increases in angle
of attack resulted in substantial drag penalties for all configurations.

Air-FIow Stability

The criterion used to indicate the degree of instability of the inlets
investigated was the maximum total amplitude of the pressure oscillations
that were recorded on the oscill.ograph. It appeared from the pressure-time
records (see fig. 17) that the pressure oscillations were random, and, as
pointed out in reference 7, that the static-pressure fluctuations were
caused by the separated flow associated with boundary-layer shock-wave
interaction. I&w a study of the buzz records, it was found that only
SW static- ressure fluctuations were recorded for the various configura-

ftions tested no buzz data obtained for N3Lt3) at Mach nuuibersof 1.5 and
below. At Mach numbers of 1.7 and 1.9, flow instability generally occurred
at mass-flow ratios below about 0.7. The effect of configuration changes
on air-fluw stability was small throughout the Mach number range investi-
gated.

A possible explanation for negligible flow instability at the high
,mass-flowratios, particLILarlyat ~ = 1.9,my be tl=t the@ the w--=
rise across the norml shock induced separation ahead of the inlet, the
slope of the nose surface and a favorable pressure gradient behtid the
normsl shock caused reattachment of the separated flow. It -S shown in

comnmNmAL
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reference 8 that reducing the diffusion rate””tozero (no internal cross- &

sectional area change for approximately 3.5”Zengths of hydraulic diameters)
—

immediately betid the inlet reduced the mass-flow range for flow pulsation ~
at Mach numbers of 1.8 and 2.0. Though the relation between the mechanism
inciting flow instability and the inlet geometry parameters is not fully
understood, it appears that favorable pressure gradients ahead of the inlet
and a short distance inside the inlet lead to a wider range of stable mass-
flow ratios. ,.

In figure 17,typical buzz records show the static-pressure fluctua-
tions that occurred at M& = 1.9 for configurationN3L~. Flight operation
below mass-flow ratios where flow instability was first noted at Mach
numbers of 1.7 and 1.9 would appear to be W–zardous since the pressure
pulsations were observed to develop rapidly once buzz started.

Compressor Face Total-FressureDistribution

In air-inlet systems where the internal air passage of the duct is .
curved and has an asymmetrical cross section, the pressure gradients at
the engine station maybe large enough not or&y to effect seriously the
net thrust and acceleration characteristics of an engine operating at
high speeds, but to cause large vibratory stresses in the compressor
blades. A typia total-pressure map, shown in figure 18, ~dicates no ‘ _
circumferentialor radial distortions greater than 7 percent of the total.
pressure near the %.atched”mass-flow ratio for the inlet supplying air
to a typical jet engine at a Mach number of 1.5. The effect of lip shape .
(~ or L~) showed no pronounced clifferences ih local pressures at the
compressor station. Observations of the pressure maps for the other nose-
and lip-shape combinations (data not shown) for angles of attack up to 7°
at ~ . 1.5 and for Mach numbers of 1.7and 1.9 at a = 0.85° indicated no
greater radial or circumferentialgradients an those sho~ m fi~e 18. .

Propulsive-ThrustAnalysis

Since neither pressure recovery nor drag can provide the proper
criterion for comparative evaluation of the configurations tested, a
significant performance comparison involving a conversion of the drag
force and pressure recovery into a single propulsive thrust parameter
(V = (TN-D)/Tisen) has been utilized. In this analysis the engine and
inlet were compared at their actual operating condition where the air
supplied by the inlet must equal the air required by the engine. The
thrusts were derived from the J-57 engine data operating at 35,000 feet.
(Analysesmde for other altitudes did not alter the general shape of the
curves presented in fig. 19.) Further detailed information regarding the
method and assumptions involved in this performance analysis are given In
reference 4.

co~~mw
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The results of the analysis for only the five best configuratio~

2 tested are given in figure 19. The results for configuration NsL’9 were
omitted because the parameter q for configuration N& was equal or
slightly superior at the Mach numbers investigated. Configurateion N9L3
can be seen to have considerably better propulsive efficiency than the
other inlets tested at supersonic speeds. At subsonic speeds (lQ = 0.6
and 0.9), little difference between configurations N3L3 and N2~ were
noted. A significant fact gained from figure 20 was the superiority of
the sharp-lip inlet over the rounded-lip inlet (Ls ad ~, respectively)
at WLch numbers above 1.5. The difference in q between the sharp and
rounded lips represents approximately 1000 pounds in available airplane
thrust at a lkch nuniberof 1.9 (assuming an altitude of 35,000 feet).
This marked gain, however, diminishes to approximately 350 pounds of awil-
able thrust at & = 1.5. Also, it was observed from the analysis that
nose 3 was the superior nose shape at lkch numbers above 1.5 and, in combi-
nation with lip 3 for the design inlet area, was superior at Mach numbers
of 1.5 and 0.9.

. The design inlet area simulated in the tests (4.07 sqysre feet for
L2 and L3) appeared to be a good compromise when the performance in the
speed range from O to 1.5was considered. Above Mach numbers of 1.5,
however, a variable-area inlet or an internal bypass system would be
necessary if optimum operation were to be obtained.

CONCLUSIONS

An air-induction system for a proposed high-speed fighter airplane
has been investigated at Mach numbers from O to 1.9. The results of this
investigation indicated the following:

1. The underslung nose type of air-induction system has the tierent
advantage of being able to operate over a large positive angle-of-attack
range with no deleterious effects on pressure recovery.

2. Of the inlets investigated, none was markedly superior wer the
entire range of operating variables, though in the supersonic speed range
that configuration having the long rounded nose, designed to increase the
supersonic compression at low angles of attack, and a sharp lip (configura-
tion N&) had the highest propulsive thrust.

3. I&anconsideration of over-all performsmce of the different lip
shapes, the use of a rounded lip would give satisfactory perfo~ce UP
to I’.&=1.5. However, at MSA mmbers above 1.5therounded~iPS ~vesti-

, gated seriously increased the drag.

4. The analysis showed that a fixed inlet area couldbe used without
* seriously affecting the perfoxmmce of an airplane for Mach numbers up to
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.-
1.5;however, if optimum performance were desired at higher Mach numbers,
a mriable-area inlet or a bypass system would be required for this ati-
induction model. v

5. A study of the air-flow stability revealed no serious flow oscil-
lations throughout the Mach number range investigated for normal engine
operation.

6. Compressor total-pressure distributions showed no circumferential
or radial distotiions greater than 7 percent of the total.pressure near
the engine %atched” mass-flow ratio at the lkLchnumbers tested.

Ames Aeronautical Laboratory
National Advisory Committee for Aeronautics

Moffett Field, Calif., July 13, 1955
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TABLE -I.-NOSE COORDINATES
[Dimensionsin inches]

lhlet Entrance

NACA RM A55G13

.4

--

I Nose 1 t NoBe 2 I Nose 3

No L.E.R.
L.E.R.=0.1~

[
side view) L.E.]

L.E.F =0.01 top ~~). L.E.]

x — Y2 z x

o 2.25 1.04 0
.40 2.19 .95 ●N
.80 2.IJ. .86 .80

2.00 .74 1.20
1.89 .62 1.60
1.77 .47 ;.:
1.62 ● 33
1.31, 0 2;73

[

.=0.09 side view:

.=0.11 top view)—. .
Yl

o
.U
.24
.38
●55
.73
.92

1.19

-z--E-
T
.I.2
.25
●41
.62
(1)

t
1.26

Y2

I
z x

1.04 0
.93 .40
.84 .@

‘.74 1.20
.57 1.60

(1) :.8

t 2191
0

z

1.04
●95
.86
.74
.62
.47
.29

0

2.25
2.21
2*I2
2.02
1.85
(1)

J
1.26

0
.ll
.24
.38
;:;

.92
l.y.

2.25
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TABLE II.- LIP COORDINATES
[Dimensions in inches]

15

Inlet entrance

(=Eii=d

Lip 2

L.E.R. = 0.020

Lip 3Lip 1

11.E.R. = 0.025 L.E.R. = 0.004

x YI

o 1.424
.051.435
.101.441
.151.452
.20 l.!ka
.30 1.473
.yl1.492
.~ 1.506

1.001.51.3
1.30l.~
1.601.502
2.00 1.483
2.40 1.463
2.80 1.441
3.20 1.428
3.60 1.396
4.03 1.36L,

Y2

e

z.526

I
?.522
~.xl
2.473
2.456
?.445
2.440

x Y3.

o 1.42
.051.43
.101.44:
.151.45
.201.46
.301.47
.% 1.49
.~ 1.50(

1.001.9:
1.301.2
1.60l.yl
2.001.48;
2.40 1.46;
2.80 1.44:

3.20 1. 42/
3.60 1 .39(
4.03 1.3&

Y2 I Y3 Y9

2.5=
2.541

2.544
2.555
2.56L
2.575
2.601
2.636
2.669
2.709
2.749
2.802
2.857
2.910

2.957
2.981
2.989

x Yll Y21 Ys
1 I

1.424]2.63512.6350 2.531
2.491
2.U6
2.~6
2.k89
2.495
2.506
2.51.7
2.522
2.526
2.526
2.522
2.pl
2.4~
2.4%
2.445
2.440

2.53
12.5W
2.618
12.639
2.659
‘2.690
,2.738
2.785
2.823
2.862
2.896
2.929
2.951
2.967
2.977
,2.985
:2.989

.05

.10
1.4352.5852.67n
1.4412.5p 2.689
1.4522.5602.703
1.4602.551, 2.~4
~.473 2*541 2.733
1.492 2.527 2.767
1.5062.5262.eao
1.513

t

2.830
l.fnl 2.862
1.502 2.896
1.4832.5222.929
1.4632.5012.951
1.4412.4732.967
1.4282.4562.977
1.3962.Wk52.985
L.3612.4402.989

.15

.20

.30

.50
●75

1.00
L*3O
L*6O
2.00
2.40
2.80
3.20
3.60
4.03

Lip’3
L.E.R. = 0.004

Lipr3
L.E.R. = 0.004

T
x Yx

o 1.424
m: :.&5

.151:449

.201.454

.301.462

.p L.Ml

.751.446
1.001.428

XI Y11Y21YS

>-.
)
-.

L
L 2.53
[62.541
2.W3
2.555
2.561
2.575
2.601
;.6&~

●

1.30
1.60
2.00
2.40
2.80
3.20
3.60
4.03

1.405
1.382
1.352
1.323
1.292
1.263
1.234
1.200

2.709
2.749
2.802
2.857
2.910
2.957
2.981
2.989

2.522
2.yl
2.4n
2.456
2.445
2.440
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Figure 1.- Sketch of the alr-~uctlm model.
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Figure 2.- Photograph of the differ-t nose and lip shapes.
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Figure 2.- Concluded.
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Figure 7.- The variation of pressure recovery with air-flow parameter
for the take-off condition (Mm = O).
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Figure 8.- Effect of changes in lip shape and diffuser cross-sectional
area on the pressure recovery and drag with nose number 3.
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Figure 8.- Conttiuedo
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Figure 8.- Continued.
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Figure 8.- Continued.
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Figure 9.-Effect of lip shape on the pressure recovery and drag with
nose number 5. “ .
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Figure 9.- Concluded.
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Figure 10.- Effect of nose shape on the pressure recovery and drag with
lip number 2.
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Figure 10.- Continued.
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Figure 11.- Effect of nose shape on the pressure recovery and drag with
lip number 3.
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Figure 11.- Continued.
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(a) Lip shape 2.

Figure 12.- Effect of nose shapes on the pressure recovery and drag at
mass-flow ratios for typical inlet-engine
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Figure 13.- The effect of angle of at~ck on the pressure recovery and.
drag for configuration N2L2.
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Figure 13.- Continued.
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Figure 14.- The effect of angle of attack on the pressure recovery and
drag for configuration NsL’s.
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Figure 14.- Concluded.
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Figure 15.- The effect of angle of attack on the pressure recovery and
drag for configurationN9L2. —
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Figure 15.- Continued.
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Figuze 16.- The effect of angle of sideslip on pressure recovery for
configuration N~2; a = -0.3°.
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Figure 18.- !12ypicaltotal-pressure distribution at the compressor
station; ~ = 1.5; ~ = 3.0°.
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